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Introduction

S TABLE attitude pointing is required for some remote sensing
satellites to get high-resolutionimaging. A sensor for measur-

ing angular rates with high accuracy is necessary for the attitude
control system because the accuracyof the angular rates principally
determines the stability of the controlled spacecraft. This Note is
devoted to the descriptionof a sensor called the angularmomentum
gyro (AMG).

The usual sensors to measure the angular rates of a spacecraftare
rate gyros (RG) and rate-integratinggyros (RIG).1¡4 The spacecraft
motion about the gyro’s input axis causes the gyro’s gimbal support-
ing the spin axis to precess about the output axis. The angular rates
are then determinedaccordingto the moment relationshipalong the
gyro’s output axis. The closed-loop RIG is an example where the
torquer in the output axis generates a moment to balance the gyro
torque. The angular rates are determined by counting the number
of current pulses to the torquer in a sample period. The accuracy
of the closed-loop RIG depends on the current pulse frequency.
Increasing the current pulse frequency will increase the accuracy
of the closed-loop gyro; however, this action demands improved
technology.

The AMG, developed from the control moment gyro (CMG)
concept,5¡8 is proposed in this Note to give an alternate approach
to improving the accuracy of the closed-loopRIG. The angularmo-
mentum of the spacecraft is directly sensed by the AMG according
to the moment relationship along the input axis of the gyro. The
angular rates are then derived from the momentum, provided that
the moments of inertia of the spacecraft are given. For some space-
craft con� gurations a small angular rate is related to a large angular
momentum or a large AMG’s gimbal precession angle induced by
the angularmomentum. Therefore, if the measuringaccuracyof the
gimbal precession angle is appropriately small, then the AMG is
capable of sensing small angular momentum and thus very small
angular rates. Therefore, the AMG makes it possible to improve the
accuracy of the closed-loop RIG.

Description of a Single-Gimbal AMG
A single-gimbal AMG mounted in the spacecraft is shown in

Fig. 1. It has nearly the same components as the closed-loop RIG,
which include a rotor, a gimbal supporting the spinning axis, a tor-
quer, and an output sensor. The torquer is used to generate the mo-
ment to balance the gyro torque, whereas the sensor is used to mea-
sure the precession angle of the gimbal.

The working process of the AMG is as follows: 1) an incoming
angular rate about the input axis induces the gyro torque along
the output axis, 2) the torquer generates a moment to balance the
gyro torque so that the gimbal angle remains near zero and the
nominal angular rate is determined according to the current pulses
to the torquer, and 3) the angular rate is then determined from the
remaining gimbal precession angle and the nominal angular rate
according to the moment relationship along the input axis.

Determining the Nominal Angular Rates by AMG
The principlefor determiningthenominalangular rateby AMG is

the same as that by closed-loop RIG and is outlined in this section.
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For practical gyros the following assumptions hold: 1) the rotor
spins with a constant rate about its axis, 2) the rotor’s center of
mass is coincident with the gyro system’s center of mass, 3) the
rotor’s spinning angular momentum is considerablygreater than its
nonspinningangular momentum because of the spin of the gimbal,
and 4) the spacecraft’s mass is considerablygreater than that of the
gyro system.

Construct two coordinate frames oe1e2e3 and o0e0
1e0

2e0
3 as shown

in Fig. 1. The frame oe1e2e3 is � xed to the spacecraft with o as
the spacecraft’s mass center and e1 , e2, and e3 as unit vectors along
the spacecraft’s three inertialprincipal axes, respectively.The frame
o0e0

1e
0
2e

0
3 is � xed in the gyro gimbal with o0 as the gyro system’s mass

center and e0
1 , e0

2, and e0
3 as the unit vectors along the input axis, the

output axis, and the spinning axis, respectively.
Applying Newton’s laws to the gyro system yields

Mg1 D ( x 2 C Pd )Hs cos d C fIwp1 cos d [(¡ x 1 sin d ¡ x 3 cos d ) Pd

C Px 1 cos d ¡ Px 3 sin d ] C Iwp3 sin d [( x 1 cos d ¡ x 3 sin d ) Pd

C Px 1 sin d C Px 3 cos d ]g (1)

Mg2 D Iwp2( Px 2 C Rd ) C ( x 3 Hs sin d ¡ x 1 Hs cos d ) (2)

Mg3 D ¡( x 2 C Pd )Hs sin d C fIwp1 sin d [( x 1 sin d C x 3 cos d ) Pd

¡ Px 1 cos d C Px 3 sin d ] C Iwp3 cos d [( x 1 cos d ¡ x 3 sin d ) Pd

C Px 1 sin d C Px 3 cos d ]g (3)

where Mg1 , Mg2, and Mg3 are the components of the torque acting
on the gyro alongaxes e1 , e2, and e3, respectively; x 1 , x 2 , and x 3 are
the spacecraft’s absoluteangularvelocitycomponentsalongaxes e1,
e2, and e3, respectively; Iwp1, Iwp2, and Iwp3 are the gyro’s moments
of inertia about axes e0

1 , e0
2 , and e0

3, respectively; d and Pd are the
gimbal’s rotationangle (precessionangle) and the angular rate with
respect to the spacecraft, respectively; and Hs is the magnitude of
the angular momentum of the rotor along its spinning axis.

Because the gimbal precessionangle is small for the closed-loop
gyro, the steady-statemoment relationshipalong e2 is derived from
Eq. (2) and assumptions 1–4:

¡ x 1 Hs D Mg2 (4)

As in the closed-loop RIG, Mg2 is determined by control torque
Mc2 (which is generated by the torquer) and satis� es x 1 Hs D Mc2.
The torque Mc2 drives the gimbal precession angle to its original
position in steady state.

Denote the sample period for the angular rate by Ts and the cur-
rent pulse period to the torquer by Tq . Suppose that one sample
period contains N pulses (periods), i.e., Ts D N Tq ; the largest angu-
lar rate x 1 max correspondsto N (all positiveor all negative) pulses in
one sample period. If there are n pure pulses (the differencebetween

Fig. 1 Single-gimbal AMG.



920 J. SPACECRAFT, VOL. 36, NO. 6: ENGINEERING NOTES

the number of negative and positive pulses) in one sample period,
the nominal angular rate x 1 nom(t ) at time t will be determined by

x 1 nom(t) D (n/ N ) x 1 max D n( x 1 max/ fq ) fs (5)

where fs D 1/ Ts is the sample frequency, fq D 1/ Tq is the pulse fre-
quency, and the rotation angle for one pulse is denotedby x 1 max/ fq .

Obviously, the nominal angular rate x 1 nom(t ) is not necessarily
equal to the real angular rate x 1(t ). The supremedifferencebetween
the nominal angular rate and the real angular rate is

x 1 min D ( x 1 max / fq ) fs (6)

This difference causes gimbal-angle departure from the zero posi-
tion.

According to the sampling theorem, the sample period should
be large enough to reconstruct the real (attitude rate) signal. One
option to improve the accuracy is to minimize x 1 max / fq , which is,
however, very dif� cult in practice. An alternate choice to improve
the accuracy is through measuring the gimbal angle, which will be
described in the next section.

Determining the Angular Rate by AMG
Denote the spacecraft’s moments of inertia about axes e1 , e2,

and e3 by I1 , I2, and I3 , respectively.Newton’s laws applied to the
spacecraft yield

I1 Px 1 ¡ (I2 ¡ I3) x 2 x 3 D T1 ¡ Mg1 (7)

I2 Px 2 ¡ (I3 ¡ I1) x 3 x 1 D T2 ¡ Mg2 (8)

I3 Px 3 ¡ (I1 ¡ I2) x 1 x 2 D T3 ¡ Mg3 (9)

where T1, T2 , and T3 are the external torquesacting on the spacecraft
and ¡Mg1 , ¡Mg2, and ¡Mg3 are the torques generated by gyros.

The moment relationshipalongthe axis e1 is derivedfromEqs. (1)
and (7):

I1 Px 1 ¡ ( I2 ¡ I3) x 2 x 3 D T1 ¡ ( x 2 C Pd )Hs cos d

¡ fIwp1 cos d [(¡ x 1 sin d ¡ x 3 cos d ) Pd C Px 1 cos d ¡ Px 3 sin d ]

C Iwp3 sin d [( x 1 cos d ¡ x 3 sin d ) Pd C Px 1 sin d C Px 3 cos d ]g
(10)

Omitting the last term in Eq. (10) by assumptions 3 and 4 yields

I1 Px 1 ¡ ( I2 ¡ I3) x 2 x 3 D T1 ¡ x 2 Hs cos d ¡ Hs
Pd cos d (11)

Integrating Eq. (11) over a sample period [t ¡ Ts , t ] gives

I1 x 1(t ) C Hs sin d (t ) D I1 x 1(t ¡ Ts ) C Hs sin d (t ¡ Ts)

C
Z t

t¡Ts

T1( t ) dt C
Z t

t¡Ts

( I2 ¡ I3) x 2( t ) x 3( t ) d t

¡
Z t

t ¡ Ts

x 2( t )Hs cos d ( t ) d t (12)

Because the gimbal angle d (t ) is small, it follows from Eq. (12) that

I1 x 1(t ) C Hs d (t ) D I1 x 1(t ¡ Ts) C Hs d (t ¡ Ts)

C
Z t

t¡Ts

T1( t ) dt C
Z t

t¡Ts

( I2 ¡ I3) x 2( t ) x 3( t ) d t

¡
Z t

t¡Ts

x 2( t )Hs d d t (13)

Equation (13) shows the angular momentum relationshipalong the
input axis, which is independent of the torque on the output axis.

As stated in the preceding section, the torquer on the output axis
will make the gimbal angle d (t ) return to its last position d (t ¡ Ts )
in steady state if the angular rate x 1(t ) along the input axis is equal
to the nominal angular rate x 1 nom(t ) given in Eq. (5), i.e.,

d (t ) D d (t ¡ Ts), if x 1(t ) D x 1 nom(t ) (14)

Substituting Eq. (14) into Eq. (13) gives

I1 x 1(t ¡ Ts) C
Z t

t ¡ Ts

T1( t ) d t C
Z t

t ¡ Ts

( I2 ¡ I3) x 2( t ) x 3( t ) d t

¡
Z t

t ¡ Ts

x 2( t )Hs d d t D I1 x 1 nom(t) (15)

It follows from Eqs. (12) and (15) that

x 1(t ) D x 1 nom(t ) ¡ (Hs / I1)[ d (t) ¡ d (t ¡ Ts)] (16)

Obviously, the spacecraft’s moment of inertia should be deter-
mined a priori for the AMG. For spacecraft operating in near-polar
orbits with the solar arrays � xed to the main body, the moment
of inertia can be easily determined. For spacecraft with complex
con� gurations, on-orbit identi� cation techniques can be necessary
to estimate the moment of inertia. However, the accuracy of the
moment of inertia might not be crucial for the AMG because the
sensitivity of the angular rate with respect to the change of the mo-
ment of inertia is small if the spacecraft’s moment of inertia is large.

AMGs for Three Axes
Measuring the angular velocity components in three axes by

AMGs will be described in this section. The AMGs are mounted
in the spacecraft with the con� guration shown in Fig. 2. One AMG
is mounted on each axis (e1 , e2 , e3). Each of the three AMGs is of
the same components as that in Fig. 1. Let d z, d x , and d y denote the
gimbal precessionangles of the gyros with angularmomentum Hsz ,
Hsx , and Hsy , respectively. Then by use of the same method as in
the preceding two sections, one can see that

I1 Px 1 ¡ ( I2 ¡ I3) x 2 x 3 D ¡( x 2 C Pd x )Hsx cos d C T1

C ( x 3 C Pd y)Hsy sin d y ¡ Hsz x 3 nom(t ) (17)

I2 Px 2 ¡ ( I3 ¡ I1) x 3 x 1 D ¡( x 3 C Pd y)Hsy cos d C T2

C ( x 1 C Pd z)Hsz sin d z ¡ Hsx x 1 nom(t ) (18)

I3 Px 3 ¡ ( I1 ¡ I2) x 1 x 2 D ¡( x 1 C Pd z)Hsz cos d z C T3

C ( x 2 C Pd x )Hsx sin d x ¡ Hsy x 2 nom(t) (19)

Fig. 2 Three single-gimbal AMGs.
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where x 1 nom(t ), x 2 nom(t ), and x 3 nom(t ) are the nominal angular
rates, which can be determined by the procedure described by
Eq. (5); and ¡Hsz x 3 nom(t ), ¡Hsx x 1 nom(t ), and ¡Hsy x 2 nom(t ) are
the reaction torques from the torquers of the gyros. Following the
derivationof Eq. (16), the integrationof Eqs. (17–19) gives the three
angular velocity components:

x 1(t ) D x 1 nom(t ) ¡ (Hsx / I1)[ d x (t ) ¡ d x (t ¡ Ts)] (20)

x 2(t) D x 2 nom(t) ¡ (Hsy / I2)[d y(t ) ¡ d y (t ¡ Ts )] (21)

x 3(t ) D x 3 nom(t ) ¡ (Hsz / I3)[d z(t ) ¡ d z(t ¡ Ts)] (22)

Accuracy Analysis of the AMG
As indicated in Eq. (16), the output of the AMG satis� es d (t)¡

d (t ¡ Ts) D (¡I1/ Hs)[x 1(t ) ¡ x 1 nom(t)]. If the ratio I1/ Hs is large,
then the minimum angular velocity that the AMG is able to sense
may be small, which means that the AMG could improve the accu-
racy of the usual closed-loop gyro.

Consider an example as follows: The spacecraft’s moment of
inertia is I1 D 103 N-m-s2. The angular momentum of the gyro
is Hs D 1.05 N-m-s, the maximum angular rate of the gyro is
x 1 max D 1 deg/s, and the sample frequencyof the gyro is fs D 2 Hz.
The pulse frequency of the gyro is fq < 2(104) Hz. (For some gy-
ros x 1 max/ fq D 0.001 is a typical value.) Then Eqs. (6) and (16)
imply that the closed-loop gyro is not able to sense the angular
rate of 10¡4 deg/s, but the AMG is able to sense the angular rate
of 10¡4 deg/s if the scale error of the gimbal precession angle is
0.1 deg.

Conclusions
The usual closed-loop RIG operates on the moment relation-

ship along the gyro’s output axis, and its accuracy depends on
the current pulse frequency. The AMG proposed in this Note uti-
lizes the moment relationship along the input axis. It is shown that
the AMG directly senses the spacecraft’s angular momentum in-
stead of the angular rate through the gimbal precession angle and
that the AMG is capable of improving the accuracy of the usual
closed-loopgyro provided that the spacecraft’s moment of inertia is
large.
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Introduction

S TAGNATION regions, such as wing and tail leading edges and
nose caps, are critical design areas of hypersonic aerospace

vehicles because of the hostile thermal environment those regions
experienceduring � ight.As a hypersonicvehicle travels through the
Earth’s atmosphere, the high local heating and aerodynamic forces
cause very high temperatures, severe thermal gradients, and high
stresses. Analytical studies and laboratory and wind-tunnel tests
indicatethata solutionto the thermal–structuralproblemsassociated
with stagnation regions of hypersonic aerospace vehicles might be
obtained by the use of heat pipes to cool these regions.

Preliminary design studies at NASA Langley Research Center
(LaRC) indicate that a refractory-composite/refractory-metal heat-
pipe-cooled leading edge can reduce the leading-edge mass by
over 50% compared to an actively cooled leading edge, can com-
pletely eliminate the need for active cooling, and has the potential
to provide failsafe and redundant features.1 Recent work to develop
this novel refractory-composite/refractory-metal heat-pipe-cooled
leading edge for hypersonic vehicles combines advanced high-
temperature materials, coatings, and fabrication techniques with
an innovative thermal–structural design. Testing of a component at
NASA LaRC with three straight molybdenum–rhenium (Mo–Re)
heat pipes embedded in carbon/carbon (C/C) has demonstrated the
feasibilityof operatingheat pipesembeddedin C/C (Ref. 2). In those
tests, theheat pipeswere testedwith quartz lampsup to temperatures
near 2200±F. Some of the key concepts utilized in the fabrication
of the refractory-compositeheat-pipe-cooledleading edge, such as
a compliant or removable layer to reduce thermal stresses and a
slightly convex surface to maintain good thermal contact,have been
patented.3

The present Note discusses the next step in the development
of a refractory-composite/refractory-metalheat-pipe-cooledleading
edge: a leading-edge-shapedheat pipe with a relatively sharp lead-
ing edge and a thin wall thickness.(More detailsof this work may be
found in Ref. 4.) Numerous fabrication issues were resolved in the
fabrication of both the heat-pipe container and wick. The heat pipe
was fabricated from arc cast Mo–41Re, used lithium as the work-
ing � uid, and had a D-shaped cross section and a 400 £ 400 mesh
Mo–5Re screen wick with a single artery along the length of the
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